6.   Spacecraft Description



	6.1   Spacecraft configuration



�

Figure 6.1: ARISE spacecraft in the stowed launch configuration



The spacecraft design is based on an octagonal shaped bus 1.3-m large and 2-m high. Figure 6.1 shows a conceptual external configuration of the ARISE spacecraft. Figure 6.2 shows the conceptual layout of the interior of the spacecraft bus. The octagonal structure supports the inflatable antenna canister on the top, as well as the inflatable solar arrays on two of the side panels. The other panels support a deployable 1.2-m diameter RF Ka-band telecom antenna, a deployable 1.6-m diameter secondary (sub-) reflector, and various other spacecraft equipment (ACS thrusters, GPS receivers, star scanners, radiators, omni-antennas...). The science receivers described in the science subsystem section are located at the focal plane and on the same panel as the sub-reflector and below the canister in a way that no blocking of the receivers occurs. The canister was designed to be part of the bus structure as much as possible (to reduce its structural mass) and to minimize blocking/shadowing of the main reflector.



The spacecraft volume and maximum dimensions were mostly driven by the Delta II 7925 9.5-ft diameter three-stage configuration fairing. The interior dimensions of the fairing are 2.5-m diameter at the base (same diameter for a height of 2-m) and about 4.6-m high. The canister diameter was constrained by the width of the shroud. In the current design, there is about a 0.3-0.4 m radial margin with respect to the shroud for the lower part of the spacecraft (everything below the canister).



�

Figure 6.2: Inside layout of the ARISE spacecraft



The interior layout of the spacecraft was driven by the Delta II 7925 Cg requirement, which must be located about 1.2 m above the separation plane (see Fig. 6.2). The fairing separation plane corresponds to the bottom plane of the spacecraft bus where the adapter will be located. The lower third of the spacecraft bus contains mainly the propulsion module with the Hydrazine, Nitrogen Tetroxide, Xenon and pressurant tanks, feed systems, main engine and mounting, inflation catalyst bed and various hardware associated with the inflation system. About 295 kg of fluids will be initially loaded, and about 128 kg of propulsion dry mass (no contingency) will be mounted in this first third of the spacecraft bus. The middle third will house the electronics deck, with the Telecom, Data system, Power, Attitude Control and Science hardware and electronics. This deck also includes the two cryocooler stages, with the Sorption cooler mounted at the bottom of the inflatable antenna canister. No or little effort was done to integrate the electronics with the structure as per the Lookheed Martin Multifunctional Structures bus design. By 2008, it is to be anticipated that such an integrated bus will be current technology and thus the spacecraft design will have to be revisited to take this technology into account (a projected 20% reduction in total spacecraft mass could be applicable then). The top third of the spacecraft bus holds the inflatable antenna canister which is integrated with the bus structure.



About 6.9 hours after launch, a perigee raise maneuver will occur at the GTO (Geo Transfer Orbit) apogee. Then several sequences of deployment will happen. First, due to its large size, the inflatable antenna will be deployed. This deployment will be controlled and will take between 5 and 20 minutes. The struts will be inflated first, then the torus. The struts and torus will be rigidized through a thermal phase change of the material (cold rigidization). To simplify the inflation system, the inflatable solar arrays will be deployed (on 2 wings) next. This scenario enables the combination of the antenna inflation system, solar arrays inflation system and the attitude control/propulsion system, thus reducing system dry masses. Only once the solar arrays are in place does the reflector/canopy assembly get inflated. The spacecraft will be running on batteries until solar arrays deployment and will be telecommunicating with the Earth with two omnidirectional antennas. The third deployment will be the sub-reflector one. A rigid astro-mast type arm will be used to carry the sub-reflector to about 3.6 m from the spacecraft. A gimbal system at the end of the mast will then align the sub-reflector with the main reflector. The last deployment will be that of the 1.2-m diameter telecom antenna. This antenna needs to be deployed downward with respect to the spacecraft bus in order to get a clear half-space field of view and also to minimize coupling of Ka-band telecom antenna with the main reflector. A gimbaling system will allow the antenna to rotate and cover a whole half space.



A challenge in the spacecraft design was to take into account all the pointing and field of view requirements. During science observations, the main reflector can be pointed anywhere in the sky except for a 30 deg. cone around the Sun. At the same time the solar arrays must be pointed toward the Sun to provide the 2.4-kW needed (see power budget in section 6.2), and the Ka-band telecom antenna must be pointed toward the Earth for continuous science data downlink. To achieve these requirements, the solar arrays will be one-axis gimbaled and the telecom antenna is deployed and 2 DOF gimbaled to cover a half-space. At this time it is believed that this configuration should allow for almost continuous coverage of the telecom ground stations but a more thorough analysis should be done to evaluate the effective coverage.





	6.2   System description, mass and power budgets



A top level mass budget of the ARISE spacecraft is summarized in Table 6.1. A more detailed mass budget can be found in Appendix A. A 30% mass contingency was applied to the spacecraft dry mass. The propulsion module was sized using the launch vehicle injected mass. The main GTO perigee raise maneuver is done with the NTO/Hydrazine 450 N Leros 1-C, which features an Isp of 325 seconds. A DV of about 380 m/s is achieved. Height (8) 22 N thrusters will be used for main burn trajectory correction, and height (8) 0.9 N thrusters will be used for coarse attitude control maneuvers.



Subsystem�Mass (kg)��Inflatable antenna�192��Telecom�32��C&DH�13��Power�142��ACS�82��Thermal Control�159��Structures/Mechanisms�204��Propulsion (+ACS) system�128��Science instruments�81��Spacecraft dry mass�1033��Contingency (30%)�310��Propellants/Fluids�295��Launch Vehicle adapter�46��Total spacecraft mass�1684��Launch vehicle capability (@ i=36 deg.)�1691��Table 6.1: ARISE spacecraft mass budget



Twelve (12) mini ion thrusters (3-cm diameter, see description in Appendix D) will be used on the inflatable antenna torus to overcome and correct for solar pressure torques. These mini-ion thrusters still need to be developed, and 3 sets of the more mature Field Emission Electric Propulsion (FEEPs) could be used instead for about the same dry mass. One concern though with the FEEPs is that they use liquid metal as propellant and therefore contamination of the canopy and main reflector might be an issue. However, more analysis needs to be done to determine the implications of having ion thrusters on the inflatable antenna torus, both on an ACS and structures points of view. The attitude determination of the spacecraft will be done with star trackers, sun sensors and 2 GPS receivers. Fine pointing will be done with reaction wheels. It is to be anticipated that a closed loop between the science receivers (feed array) and the ACS system will have to be designed in order to achieve the 3-50 arcsec pointing requirements of the main reflector.



The science data requirements are quite demanding (8 Gbps) and an early trade-off between optical and RF downlinks was done. In view of the technology development programs, it was decided that the RF system was a ìsaferî candidate and therefore chosen as the telecommunication system for the ARISE spacecraft. This choice could be revisited later on. Thus, a 1.2-m diameter Ka-band antenna transmitting 30 W RF will be used to downlink science data at a rate of 8 Gbps. Both polarizations and a high order modulation technique such as the Quadrature Amplitude Modulation will enable the data to be transmitted within the tight 1 GHz bandwidth available at Ka-band. A parallel X-band transponder will be used to uplink commands and valuable time information for VLBI processing. X-band receivers are two patch antennas that will cover near 4p steradian coverage.



Mode /

Subsystem�Launch + post-launch�Orbit insertion�All deploy-ments�Science�Stand by, slewing�Eclipses��ACS�133.5�133.5�133.5�228.5�228.5�133.5��Propulsion�60�60�70�520�10�10��C&DH�9�9�9�12�9�9��Inflatable antenna�82�82�82�5�5�5��Power�20�20�20�72�40�40��Mechanisms�0�0�80�80�80�50��Telecom�36�36�36�303�36�36��Thermal control�70�70�70�450�70�70��Science�0�0�0�75�0�0��Subtotal (W)�410.5�410.5�500.5�1745.5�478.5�353.5��Contingency (30%)�123.1�123.1�150.1�523.7�143.5�106.1��Battery recharge����125�125���Total (W)�533.6�533.6�650.6�2394.2�747�459.5��Source�Primary battery�Secondary battery�Primary battery�Solar array�Solar array�Secondary battery��Duration (hrs)�6.8�0.5�2���0.75��Table 6.2: Power budget in Watts per mission modes



The power sources encompass a set of primary Li/SO2 batteries for post-launch activities (about 5 kWhr), a set of secondary Li-ion batteries (about 350 Whr, with 125 W of recharge power) for power generation during eclipses and a 2-wing inflatable solar array for main power generation. The array is sized to provide 2.4 kW during science observation (most constraining mode). The inflation system of the solar array is integrated with the main reflector inflation system and propulsion/ACS hardware to reduce dry mass. Power demand per mission modes is summarized in Table 6.2 (see Appendix B for more details). A 30% power contingency was used on all modes. The larger power consumers are the cryo-coolers, the reaction wheels, the telecom 8 Gbps downlink and the mini-ion engines. Also, since the power requirements are large during the science mode, no science will be done during eclipses. Details on all subsystems are given next sections.





	6.3   Gain and observation duration budget



As part of the science requirements, it was prescribed that for valuable science to occur, the gain of the antenna should not vary more than 2-5% during the sampling period and that the science data acquisition should take at least 70% of the observation duration. In an attempt to address both requirements, lists of potential perturbation during sampling and spacecraft duties during observations were established. Potential perturbations include ACS reaction wheels, cryocooler, thermal and dynamics, lenticular pressure maintenance, and ESD Lofting. Spacecraft duties are summarized in Table 6.3. Both list are evolving as our understanding of the spacecraft, mission and antenna improves.





Task�Frequency (per orbit)�Total Duration (min)��Earth occultation�0-1�30-40��Antenna calibration

      Bright source pointing

      Antenna stabilization

      Subreflector focusing

      Adaptive array calibration�

1-2

1-2

1-2

1-2�

2-4

TBD

TBD

TBD��Source data acquisition

      Target source pointing

      Antenna stabilization�

1-2

1-2�

2-4

TBD��New source pointing�1�19��Telecom ground station switching�1-3�5-15��Telecom link establishment�1-3�2-6��Reaction wheels unloading�32�32��Cryos set-up�1-2�TBD��Antenna gas maintenance�3-?�TBD��Miscellaneous����Effective total

Total required�

30% of orbit�TBD (120+)

245��RF data acquisition�70% of orbit�571��Table 6.3: Observation duration timeline





�	6.4   Spacecraft Data Flow



		6.4.1   Avionics



Requirements and Assumptions



The Command & Data Subsystem (CDS) for the ARISE spacecraft is required to operate for a primary mission life of 3 years.  The dual string block redundant design will transfer real time science data to the Telecom subsystem at a rate of 8 Gbps.  The CDS will receive periodic uplink commands at rate 2 kbps.  An 8 GHz uplink tone will be distributed to the science instrument.  The electronics must operate through an equivalent radiation environment of 315 krads behind 100 mils of aluminum.  The mass storage element in the CDS is not required to store or process the high speed science data.





Design Implementation and New Technology



The CDS required functions are performed by either CDS block redundant strings.  Redundancy provides a high level of reliability to meet the primary and extended mission high speed data throughput performance requirements.  All of the key elements in the CDS design are new technology.



Real time science data is transferred to the Telecom subsystem via four channels simultaneously.  Each FireWire IEEE 1394.B channel will operate at 2 Gbps.  High speed First In First Out (FIFOs) registers insert header data and State Of Health (SOH) data into the downlink data frames.  The FIFOs may be provided by UTMC or Honeywell.  Uplink commands are processed at 2 kbps.  The Lockheed Martin PowerPC 750 processor verifies and processes uplink commands, stores time tag commands & GPS data, controls the spacecraft fault protection, routes the science data, distributes the spacecraft time and collects SOH data.  Lockheed Martin PowerPC 405 microcontrollers may be used as needed.  The flight code and SOH data are stored in flash non-volatile memory.  Redundant low power serial busses provide an interface to control and monitor the health of the other subsystems. The flight software code is written in ANSI C or C++.  The ACS pointing and control algorithms are supported in the CDS software.



The 14 Multi-Chip Modules (MCMs) in the CDS design have a mass of  approximately 4 kg.  Each CDS string dissipates 9 watts.  One CDS string is active at any given time, while the other string is in a cold sparing mode. Commercial rad-tolerant electronics are shielded behind 100 mils of Tantalum.  The shielding mass is 8.7 kg. The effective radiation environment is 19.5 krads Total Ionizing Dose (TID).  The electronic devices are immune to Single Event Latch-up (SEL) and immune to Single Event Upset (SEU) to 75 MeV/mg-cm2.





CDS Avionics Caveats



	The IEEE 1394.A FireWire serial bus is presently being developed by the X2000 Team.  Their plan is to provide a fixed rate (100 Mbps) data bus design.  Although this does not meet the needs for the ARISE mission, the X2000-2 Team could leverage from the X2000 design team effort to develop an IEEE 1394.B FireWire serial bus.  The advanced FireWire design would operate up to 3.2 Gbps.  Both FireWire designs require some modification to provide electrical isolation between functional subsystems.  Commercial high speed rad-tolerant electronics will be a challenge to develop.







		6.4.2   Telecommunications



Requirements



The ARISE spacecraft will orbit around the Earth in a LEO orbit with perigee of 5000 Km and apogee of 40,000 km.  The telecom system needs to downlink data at up to 8 Gbps with bit error rate (BER) less than 10-4. The observed data is not stored on the spacecraft and needs to be downlinked  immediately. The spacecraft is expected to perform science measurements approximately 70% of the time. Link availability is required to be greater than 70 % during observation.  Dedicated ground receiving stations are needed. The telecom system also needs to support a command link at 2 Kbps or less and a housekeeping  telemetry link at 2 Kbps or less.  Two-way Doppler measurements need be performed for accurate time-stamping of the data.





Candidate Systems



The candidate telecom system designs consist of an X-band transponder for command, housekeeping, and two-way Doppler tracking and a separate high data rate downlink system. Both optical and RF systems have been considered for the high rate downlink.



An optical system was initially recommended because optical systems do not have to meet any spectral usage requirements. The candidate system employs four wavelength-multiplexed lasers, each with output power of 2 W. This is designed to match the four channels of radio science data.  The aggregate output is fed to a 30 cm telescope on the spacecraft. With the help of a laser beacon from the ground receiving site, the spacecraft telescope transmit to the ground station which has a one-meter telescope. Initial calculation shows that the lasers can provide over 7 dB of link margin.



The high rate RF system needs to operate in the 37-38 GHz spectrum allocated by the FCC for space VLBI missions.  To meet the 8 Gbps downlink requirement with 1 GHz of bandwidth, the candidate RF system implements two 4 Gbps links using left-handed circular polarization (LHCP) and right-handed circular  (RHCP) polarization.  The high rate RF system transmits at 30 W RF in each polarization to a 34-m DSN antenna.  The link margin is about 6 dB.



Optical system offers excellent capability that will greatly benefit ARISE. The ARISE preproject will work closely with the optical communications technologists to monitor the progress of the technology development. It is hoped that the optical telecom technology will become sufficiently matured and that there will be enough operating experience for ARISE to revisit optical communication systems at a later date.





Current baseline



The current telecom design consists of an X-band transponder for command, housekeeping, and two-way Doppler tracking and a Ka-band system at 37 GHz band for high data rate downlink.



The X-band transponder design is based on the Spacecraft Transponding Modem (STM).  Two X-band patch antennas are needed for near 4-p steradian coverage. A 0.5 W SSPA provides sufficient downlink margin.  An ovenized oscillator is included to provide accurate Doppler measurement. The ROM cost is $ 3.3 M. The cost, however, does not include DSN support. DSN cost is included in a separate ground systems development and operation cost estimate.



With 1 GHz of bandwidth at 37-38 GHz, only high order modulation techniques such as quadrature amplitude modulation (QAM) can be considered to support the high downlink data rate.  A block diagram of the high data rate transmitter is shown in Figure 6.3.  256-QAM is chosen for the current baseline.  Each transmitted symbol is selected from one of 256 possible waveforms and represents eight bits of information.  As alternates to the current baseline of 256-QAM, it is possible to use square-root raised cosine filtering to increase the number of symbols per hertz, thus allowing the use of smaller QAM constellation such as 16-QAM and 32-QAM which are less risky.  It is also worthwhile to investigate other spectrally efficient modulations such as GMSK and FQPSK which allow the use of power-efficient non-linear ampliers on the ARISE spacecraft, but require more spectrum. All of the above options will be examined more closely in future work.



Thirty (30) watts of RF power is needed through a gimbaled 1.2 m high-gain antenna to support up to 4 Gbps using  34-m DSN stations with 6 dB of link margin. A link budget is shown in Table 6.4.  A shaping filter at the transmitter is needed to meet FCC’s spectral usage requirements.  This filter, however, introduces intersymbol interference (ISI) which corrupts the transmitted signal.  An equalizer is needed at the ground receiver.  The maximum data rate depends on the FCC requirements and the complexity of the shaping filter and equalizer.  No channel coding is used.  Since the spacecraft also carries a GPS receiver, the gimbaled antenna is expected to be able to point at the receiving DSN sites without the aid of a beacon from the ground.



The throughput of the 1 GHz bandwidth can be doubled through the use two orthogonal  polarizations -- left-handed circular polarization and right-handed circular polarization.  Further study is needed, however, to see if the polarizations can provide enough separation to satisfy the high signal-to-ratio requirement of 256-QAM.  In addition, depolarization of the signal in the presence of water vapor in the atmosphere can cause the two polarizations to interfere with one another.  An equalizer can be used to alleviate the effects of depolarization.



The cost for the high-rate system only includes telecom system on the spacecraft and comes up to about $ 15 M.  It does not include the necessary upgrades of the DSN sites such as new RF front-end at 37 GHz, high rate baseband receiver, and equalizer. All ground station development cost and operation expenses are kept separately in the ground systems cost estimate. The ARISE spacecraft needs to orient itself to point the inflatable antenna at the observed objects.  One gimbaled antenna is needed to meet the 70% availability requirement. The gimbaling system will allow for a half space view of the Earth (180 deg. 2 DOF capability).



There are many challenges for using 256-QAM as the 8 Gbps system.  High order modulations such as 256-QAM has thus far only been used in very stable communication channels like wire-line systems.  Atmospheric effects can make reliable transmission of 256-QAM difficult. The effect of water vapor at 37 GHz can be significant especially in heavy rain at low elevation angles.   Highly linear power amplifiers at 37 GHz need to be developed. There are also proposed lunar missions with whom ARISE is expected to share the 37-37.5 GHz spectrum.  Although the overlapping of telecom coverage areas on the Earth is not expected to be significant, ARISE will have to coordinate with these missions to avoid mutual interference.  A separate transmitter using only the 37.5-38 GHz spectrum can be added to provide downlink during overlaps, albeit at a lower data rate.  



We expect the advances in high data rate commercial RF systems will solve many of  the problems described above by 2004.  The risk of the RF system can also be significantly reduced if the required data requirement is lowered to 2 or 4 Gbps.  One problem which deserves immediate attention that the current stage of the design effort has not been able to address is the cross coupling of the 1.2-m telecom antenna and the 25-m inflatable antenna.  The downlink frequency of 37-38 GHz of the telecom system is very close to two of the ARISE observation bands at 43 GHz and 22 GHz.  The transmit signal of the telecom system is many orders of magnitude larger than the observed signal at 43 and 22 GHz and the transmit power spectrum of the telecom system may not undergo sufficient attenuation at these 43 GHz and 22 GHz. Cross coupling of the transmit signal to the 25-m antenna can contaminate the signal in  the observed bands.  Judicious placement of the antenna and the use of absorbing material and other techniques should be investigated.  
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Table 6.4. Link budget of the 8 Gbps downlink.  The link is consist of a RHCP and a LHCP each at 4 Gbps.
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Figure 6.3. Block diagram of the 8 Gbps downlink transmitter





�	6.5   Spacecraft thermal design



The thermal control system for the ARISE spacecraft consists of two specific elements: 1)  the cryocooler stage, and 2)  the bus thermal control.





		6.5.1  Cryocoolers stage



The cryocooler stage will consist of a three stage cooler system, which is required to provide the science instruments with a 20 K temperature.  The first stage will be a Stirling mechanical cooler, while the second cooler stage will be a Sorption cooler.  The first stage will operate between about 295 K to 60 K, while the Sorption stage will bring the science detector to 20 K.  This system will require 350 watts of electrical power, and will have a mass of about 90 kg.  





		6.5.2  Bus Thermal Control



The other spacecraft systems that affect the Thermal Control System are: the Power system, because of the batteries, and Solar Array requirements;  the Propulsion System, because of the temperature requirements of the propellants;  and the systems that require electronics components, because of their temperature limits.  Further the thermal design requires a knowledge of the structure because its material (thermal conduction) and configuration (radiation) effect the thermal exchange between spacecraft elements. 



The TCS must control the temperature of the spacecraft elements within allowable limits for this spacecraft, which has an electrical power level of about 2400 watts, has a cold zone, which must be maintained at 20 K.  The design uses standard passive thermal control elements, and will use technology that is available at the technology cut off date. Multilayer Insulation (MLI) blankets will control the thermal radiation between the spacecraft and space as well as between spacecraft elements.  Thermal surfaces will be used to control the thermal balance between the spacecraft and the environment.  Thermal conduction control will be used to maintain thermal gradients as required. Also required are electric heaters and controllers for temperature sensitive elements such as the batteries, and propulsion elements.  



To maintain the science elements at 20 K, a two stage cryogenic cooler system is required, and will consist of a Stirling cooler, and a Sorption cooler system.  The design must incorporate thermal isolation between the spacecraft bus elements and science stage, which will require thermal conduction and radiation isolation.  The thermal energy from the cryogenic coolers will be transferred to thermal radiators with looped heat pipes that are mounted on the spacecraft bus.  The thermal radiators will be constructed from high performance composite material and will also incorporate heat pipes.  



The thermal control of the inflatable elements will use passive means, plus heaters, if necessary for storage, deployment and rigidization.  Several optional rigidization  techniques are being evaluated, one technique is cold rigidization.  This technique requires that the inflatable elements be kept below 225 K.  An initial analysis shows, that with the correct external thermal surface, in this case FEP-Aluminum or FEP-Silver, this temperature level can be achieved.  To provide the uniformity required, a simple 5 layer MLI blanket will be necessary.  The inflatable elements must be kept above the rigidization temperature during launch and prior to deployment, and this will be accomplished with a MLI cover, and a small heater.  The deployment must be accomplished rather rapidly, as the inflatable elements will cool to 225 K between 3 to 20 minutes.  Figure 6.5 summarizes thr thermal control system elements for ARISE.





System Elements�Mass (kg)�Electrical Power (watts)��Bus Elements

     Multilayer Insulation (MLI)

     Thermal Conduction Control

     Thermal Control Surfaces

     Thermal Radiators

     Thermal Louvers

     Looped Heat Pipes

     Electric Heaters/Thermostats

     Instrumentation

     Misc.�

14.0

3.0

2.0

11.0

4.0

3.0

5.0

2.5

20.0�















100 Avg.��Cryocooler Elements

     cryocooler�

90.0�

350��TOTAL�154.5�450��Table 6.5: Thermal Control System Elements
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	6.6   Spacecraft attitude control



The ACS system (in conjunction with propulsion) has to perform changes in velocity (delta-V). In addition, it must determine and control spacecraft attitude and rate to allow science observations. It must do this in the presence of various external and internal disturbances. To verify performance, models must be built for both static and dynamic analysis. Below we discuss the requirements, choice of components, cost, and analysis including modeling. 



ACS Requirements



The ARISE pre-deployment requirements include, from the ACS standpoint, a 380 m/s delta-V (approximately 34 minutes duration given a 450 N main engine).  The science requirements are described as follows: 



- calibration requires a 2 degree slew in 60 seconds;

- a slew of 180 degrees in 60 minutes to 2 hours is desirable (slew rate 1 to 4 degrees in 60 	seconds); 

- keep the boresight to within +/- 30 degrees from the Sun; 

- a quiescent phase during observing time of a duration from 2 to 20 minutes (depending on 	the observation frequency); 

- pointing accuracy during observation of 2 to 6 arcseconds. 



The ARISE stability requirements, as a function of frequency, are shown in Table 6.6.



While maintaining these requirements the ACS must also counteract external disturbance torques consisting of Earth's gravity gradient forces and moments, and solar pressure forces and moments. In addition there are internal disturbance sources such as the ACS components themselves (thrusters or reaction wheels) and other devices such as certain coolers (sorption coolers will be quiet, but Stirling can be quite noisy). 



Frequency [GHz]�Motion [arcsec]�Time Scale [sec]�Stability [arcsec/sec]��5�50�350�0.042��8�29�350�0.024��22�11�150�0.020��43�5�60�0.028��86�3�15�0.025��Table 6.6: Stability Requirements





Components



To satisfy these stringent requirements and perform routine ACS operations, one set of reaction wheels and two sets of thrusters with different thrusting capability are envisioned as the actuators. One star tracker, one Sun sensor, one Inertial Reference Unit, and one GPS receiver are envisioned as on-board attitude sensors. These may be redundant for reliability as desired. These components are described in Table 6.7.



The ACS design is driven by the tight requirements and low structural frequencies of the antenna, which dictates reaction wheels for fine pointing. These are sized by the torque and momentum capability required for slewing and counteracting environmental torques.  



Vibration isolation components may be necessary, depending on the design of the cooling system, and the results of more detailed dynamics simulations. These can either be passive, as the isolation used for the Hubble Space Telescope reaction wheels, or active, as for STRV2. 



These components can meet the accuracy requirements for the spacecraft bus itself. However, to point the optical boresight to these same accuracy will require calibration of the alignment between the optical axes and the bus axes. In addition, the stability of this calibration is an issue since it may not be possible to calibrate during observations. Thermal variations and material aging may cause significant perturbations requiring periodic re-calibration. This issue may require a closer interaction between the RF and ACS subsystems. This may also require an active metrology system for calibration during observations.



Component�Type�Mass [Kg]�Power [W]�Number��Reaction Wheels

Electronics�Teldix DR50�12

 2�150/15

30/5�4

4��Star Tracker�CT601 class�8�12�1��IRU�HRG�5�22�1��Sun Sensor�Electronics Head�0.5�0.5�1��0.9 N Thrusters��2.5�5�8��22 N Thrusters��2.5�5�8��ACS Computer������TOTAL��62�122���Table 6.7. ACS Hardware Components





Performance Analysis



Some calculations have been done to size the disturbance environment and quantify the pointing problem. A finite element model of the ARISE spacecraft has been built in Matlab using the IMOS software (Integrated Modeling of Optical Systems) . This has been refined by using NASTRAN data for consistency with the structural design. The finite element model features all the structural dynamic components of the spacecraft, with the exception of the bus and the subreflector, which are assumed to be rigid.  The solar panels and the subreflector boom are, however, modeled using finite elements. See Figure 6.4 for the model. Therefore, we have beam elements for the support struts and the hard truss, and membrane elements for the reflector and the canopy.  The inflatable torus, modeled as a circular ring, is connected to the reflector/canopy through a set of pretensioned constant force springs.  The membrane elements are linear, with no pretension.  All material properties are homogeneous and isotropic.  The finite element model has 1876 degrees of freedom (132 beams, 72 constant force springs, 396 membranes, 24 multipoint constrained degrees of freedom, 472 massless degrees of freedom obtained through Guyan reduction), of which 1382 are retained for the dynamic analysis. A model for the reaction wheels, including saturation at 0.2 Nm, is also included in the structural model. The model also describes input forces and torques, such as those derived from gravity gradient, solar pressure, thruster forces, and reaction wheel torques.  Static and dynamic deformation under open loop or closed loop control can be produced. 
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Figure 6.4. 



Disturbances



Given the inertia matrix, it is easy to determine the gravity gradient torque for arbitrary spacecraft orientations. The worst case gravity gradient torque is less than 5.12E-3 Nm. IMOS also has the capability of determining the gravity deformation forces that also result from the gradient; these are less than 4.5E-4 N. The solar force direction in the spacecraft frame of reference has an angle with the boresight (theta), and an angle of rotation around the boresight (alpha). The impact of the force on the antenna can be determined and the forces and torques determined for various geometries. See Figure 6.5. 



Preliminary analyses show that the solar force is less that 3.7E-3 N, the solar torque is less than 0.05 Nm, the gravity gradient force is less than 4.5E-4 N, and the gravity gradient torque is less than 5.12E-3 Nm.  Of interest is the distance between the center of pressure and the center of mass, equal to [-6;-7.5;-14.0] m. Also, see Figures 6.6, 6.7, 6.8, and 6.9 for the various dynamic quantities of interest during the solar torque unloading maneuver.



Cooler disturbance data is not yet available, but an example of the possible magnitude of the disturbance is given by work on STRV2.  In that case, a 1 watt TI cryogenic cooler was used. It produced forces of about 5N at various harmonics of the 55 Hz drive frequency. If the ARISE cryocooler produces forces of this magnitude, it is very likely that it will have to be isolated at least by a passive system similar to that used on Hubble.
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Momentum Management



After examining various options for reaction wheels, we have chosen the following wheel: 



Teldix DR 50:

	- torque: 0.3N 

	- max momentum: 300 Nms  

	- max wheel speed: 6000 Rpm 

	- power: 150/15/3 watt 

	- mass: 12 kg 

	- size: 0.15 m x 0.5 mD



Given the maximum torque, we can wait as long as 99 minutes before unloading the wheels, which certainly is longer than required. The wheels will then be spinning at maximum speed (6000 RPM) and drawing maximum power. A better choice seems to be to unload if the wheels reach about 1/4 of their momentum capability, which requires much less power. This also leaves a large margin for observational flexibility.  In addition, the reaction wheel disturbances are functions of the square of the wheel speed, so minimizing the speed improves the pointing performance.



The power usage, considering all solar angles is given in table 6.6. The max power is the power required for all 3 wheels just before unloading, minimized over all solar incidence angles. This assumes we unload all wheels at once. The maximum average power is the power for all 3 wheels, averaged over one cycle, taking the maximum over all solar incidence angles. When the antenna is pointing at 30 degrees from the sun (worst case requirement), it can stay at minimum torque capability of the reaction wheels for a total of 31 minutes, before unloading. To be able to sustain the solar torque disturbance, it can spin at 1.2 mrad/s for about 12 hours.



Table 6.8. Power for reaction wheels during observations.

option�time before unloading (min)�H at 

unloading (Nms)�max power 

(watt)�max average 

power (watt)��A�99�300�314�180��B�26�80�117�81��

The wheels can perform 2 degree slew in about 118 seconds and a 180 degree slew in about 19 minutes. Both of these are well within the requirements.



Unloading the solar torques can require a significant amount of hydrazine.  This amount can be reduced by using ion thrusters. This amount can also be reduced by rotating the whole spacecraft about the boresight, but this maneuver would affect the power collection and telecommunications subsystems, and to some extent even the science data gathering.



Dynamic Analysis and Control



While we do not want to use the thrusters during science observations, it will be necessary to unload the reaction wheels periodically and so we want to quantify the disturbance this will cause.



Preliminary analysis of a 2 second firing of a pair of 0.9 N thrusters resulting in a couple about the vertical axis of the spacecraft (z), shows that the maximum relative deformation at the joint between the torus and a rigidizable struts is never exceeding 20 mm, and the residual vibration rapidly dies out because of the high structural damping present in the inflatable structure (3% structural damping). See Figures 6.10, 6.11 and 6.12.



Figure 6.13 shows the attitude control block diagram used in the simulations. Figure 6.14 and Figure 6.15 show open loop simulation done with the Hubble reaction wheel model, at 500 rpm and 2000 rpm, respectively. What is shown is the angle due to deformation at the torus-strut attachment point when the wheels are operating. Based on test data, the wheels produce disturbance forces and moments due to imbalance, motor cogging, and ripple. For the 2000 rpm case we can still meet the requirements. This indicates that isolation of the wheels may not be needed. Note that we may obtain additional margin by keeping the wheels at a lower speed by unloading more often, which is quite possible as the observation times for the radio frequencies requiring the highest precision are only about 2-3 minutes. If we unload every 10 minutes for the maximum disturbance torque, then the peak wheel speed is only about 600 rpm. 



Closed loop analysis was made of a 2 degree slew in 200 seconds maneuver about the x-axis of the spacecraft, using reaction wheels. The results show this to be a very benign maneuver. Figure 6.16 shows the spacecraft slew angle, Figure 6.17 the reaction wheel torque profile, and Figure 6.18 the displacement at the strut-torus attachment. 







�



Figure 6.10



�



Figure 6.11



�



Figure 6.12





�

Figure 6.13

�

Figure 6.14



�

Figure 6.15

�� EMBED Word.Picture.6  ���



Figure 6.16
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	6.7   Structures and mechanisms



As discussed in the spacecraft configuration section, the spacecraft bus has an octogonal shape 2 m long and 1.3 m wide. It was not attempted in this study to define and design the bus material and thickness. A mass of 10% of the spacecraft dry mass minus propulsion and inflatable antenna subsystem masses was allocated for the spacecraft bus structure, which rounds up to about 71 kg. Masses for the mechanisms, such as subreflector truss and deployment, solar array gimbals, telecom antenna boom and deployment, were estimated. Cables and connectors were taken as 7.5% of the spacecraft dry mass minus propulsion and inflatable antenna subsystem masses. An allocation of 10 kg was also made for additional radiation shielding of sensitive parts of the spacecraft (C&DH shielding was bookkept separately).





	6.8   Power subsystem



The power system has three major parts. The solar array provides power during sunlit periods. The battery provides power during eclipses, supplements the solar array during peak power periods, and provides power during the immediate postlaunch period, before the solar arrays are deployed. The PMAD system provides power management and distribution. It includes the peak power tracker; distribution, regulation and control electronics; and pyro. 



Calculations of the estimated solar array area and mass were based on spacecraft requirements of 2270 W EOL, which includes 30% contingency. Until further details are available on the spacecraft power profile, it was assumed that the solar array would handle all power needs during sunlit periods. Adding an estimated 125 W to recharge the Li-ion secondary battery, the overall array sizing assumed a net 2400 W EOL requirement. The results for six of the leading cell candidates are detailed in Table 6.9. These mass and area numbers include the cells; thin coverglass (3 mil), with the exception of the copper indium diselenide (CIS) cells which do not include coverglass; wiring, terminals, connectors, and substrates. As is customary, they do not include additional contingency (this is carried at the system level), nor do they include the support structure (connection to the spacecraft), deployment, drive or housing. Overall, the most reasonable compromise between area, mass, cost and availability was projected to be the inflatable array (ITSAT type) using high-efficiency Si cells at a specific power of 86 W/kg BOL. The array area would be 16.3 m2 and the array mass would be 32.8 kg.





�Area (m2)�Mass (kg)��GaAs�14.9�46.3��2-junction (GaInP/GaAs)�13.3�41.1��3-junction (GaInP/GaAs/Ge)�11.1�32.6��CIS (LMA est.)�36.9�34.3��CIS (L’Garde est.)�36.9�25.2��High efficiency Si�16.3�32.8��Table 6.9: Calculated Solar Array Area and Mass for 2400 W EOL

	GaAs = gallium arsenide on Ge substrates

	GaInP/GaAs = two junction cell on Ge substrate

	GaInP/GaAs/Ge = three junction cell on Ge substrate; includes active Ge junction

	CIS = copper indium diselenide 



Calculations of the estimated secondary battery mass and volume assumed that the battery would be used only during eclipses (460 W for 45 min, or 345 Whr). The primary battery requirements cover a 8.8 hr period immediately postlaunch (4930 W-hr). Until further details are available on the spacecraft power profile, it was assumed that the solar array would handle all active power needs during sunlit periods. It was assumed that neither science data collection nor telecom would not occur during eclipse. It was also assumed that the mission lifetime would be limited to about 3 years, in order that a Li-ion battery could handle the required number of cycles. The numbers do not include battery mass or battery volume contingency, which would be carried at the system level. The required 25 Ahr Li-ion secondary battery would have a mass of 7.3 kg and a volume of 6 liters. It is evident that a large mass and volume penalty would result if a Ni-based battery were to be substituted. 



Calculations of the estimated PMAD mass were based on extrapolations from the Phase A Light SAR calculations performed at JPL in 1996. It was assumed that the ARISE EOL solar array power would be 2400 W and the secondary battery capacity would be 25 Ahr. The calculated mass of the peak power tracker would then be 13.9 kg, and the mass of the distribution, regulation and control electronics would be 66.7 kg, for a total PMAD mass of 80.6 kg. The corresponding EOL PMAD specific power would be 30 W/kg. This corresponds favorably to the 30 W/kg anticipated for the JPL X-2000 PMAD second delivery. The results are detailed in Table 6.10. 



Several key technology challenges for the power system were identified. First, the advanced solar array technologies (multijunctions and CIS) must be scaled up without appreciable efficiency loss if they are to compete effectively with Si and GaAs. Second, deployment mechanisms for ultralightweight solar arrays need to be flight qualified. Third, Li-ion secondary batteries need a flight demonstration; they also need to be demonstrated in large sizes (over 20 Ahr). Fourth, the PMAD mass can only be reduced if the projected parameters of the X-2000 3rd delivery (approximately 200 W/kg) can be demonstrated and scaled up. The X-2000 3rd delivery is planned for a very small (10 W) power system. 



Extrapolated from LightSAR case:



�LightSAR�ARISE��Solar array power (EOL)�782 W�2400 W��Battery capacity�44 Ahr (Ni)�25 Ahr (Li)��Peak power tracker�6.4 kg�13.9 kg��Dist, Reg & Cntrl Electronics*�15.0 kg�66.7 kg��Total PMAD mass�21.4 kg�80.6 kg��PMAD specific power (EOL)�36.5 W/kg**�30 W/kg***��Table 6.10: Calculated PMAD Mass

*Estimate based on EOL array power corrected for environmental degradation only (EOL/0.85)

**LightSAR assumed a very bare-bones system

***30 W/kg is approximate value for X-2000 PMAD 2nd delivery 



In summary: Size estimates, including mass and area, have been generated for the ARISE solar array. Size estimates, including mass and volume, have been generated for the ARISE battery. A ROM estimate of power electronics mass and specific power has been calculated. Several key needs were identified. First, more data on the planned orbit and eclipses are needed in order to refine the power system sizing. Second, more data on the spacecraft power profile vs. time are needed in order to determine the proper role of the battery in supplementing the solar array. Third, the calculations assume a moderately benign radiation environment, which may not actually be the case in the planned ARISE orbit; more data is needed on the radiation environment in order to properly size the power system, particularly the solar array which is relatively difficult to shield.

Planned near-term activities include: updating the power system design in accord with evolving system requirements; continuing to reduce the power system mass; refining the PMAD mass and cost estimates; and establishing a power system design and fabrication schedule.



Backup data are available in the tables in the Appendix G (Tables A through G). 





�

	6.9   Propulsion subsystem



The propulsion module is a bipropellant dual-mode propulsion system that is used to perform a ~380 m/s periapse raise, reaction control during the periapse raise, and attitude control for the duration of the mission.



The bipropellant dual-mode propulsion system uses nitrogen tetroxide (NTO) and hydrazine (N2H4) as the oxidizer and fuel, respectively.  The periapse raise is performed using a 445 N Royal Ordinance LEROS-1c main engine that is qualified for these propellants exclusively.  Two titanium tanks (one for the oxidizer and one for the fuel) are used to store the propellant.  The oxidizer and fuel tanks are pressurized via separate high-pressure helium feed systems (two pressurant tanks).  The separate feed systems eliminates any possibility of propellant migration.  Eight 22 N and eight 0.9 N monopropellant (hydrazine) thrusters are assumed for thrust vector and roll control.  Conventional technology components are assumed.



This design has two possibilities for combining the inflation system with the propulsion system.  One option is to have an NTO inflation system feeding off a line downstream of the oxidizer tank.  Liquid NTO decomposes into gaseous N2 and O2 through a two-step reaction.  Another option is to have an N2H4 inflation system feeding off a line downstream of the fuel tank (feeding off the RCS system).  Liquid N2H4 decomposes into gaseous NH3, N2, and H2 through a two-step reaction.  Since there are separate pressurization feed systems for both the oxidizer and the fuel, both tanks remain pressurized for the entire mission.  No pyrotechnic firings are necessary after the periapse raise.

�
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�7.   Ground systems and mission operations



The FY’98 work focused on the space segment of ARISE. The issues and design considerations associated with the ground segment will be studied in more detail in FY’99. This section summarizes the current understanding of the ground system and mission operations.



Operations and data handling scenario



The ARISE Mission carries out observations on an approximately 70% duty cycle.  During observations instrument data are immediately sent to the ground, so the spacecraft must be tracked during all observation periods.  Instrument data loss of up to 20% is tolerable during these tracking periods.  Instrument data is transmitted at 8 Gbps over a Ka-Band link to a set of dedicated ground terminals.  It is recorded at 8 Gbps on tapes which are then shipped to a VLBI data processing center.  This instrument data flow is shown on the lower part of Figure 7.1.  The upper part of the figure shows the downlink and uplink flows for engineering telemetry and spacecraft commands.  Engineering data is recorded on-board the spacecraft and is played back once a week over a DSN 34 meter tracking pass.  During this pass the commands to control the next weekís worth of observations are transmitted to the spacecraft.  These commands are the result of the planning of science and engineering activities needed to achieve the mission goals.  A coordinated set of observation plans are sent to radio telescopes on earth to direct the collection of concurrent observations to be correlated with the observations conducted from the spacecraft.  Details of the ground system components needed to operate the mission are discussed in the next section.
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Figure 7.1:  End-to-End Data Flow





Ground system design



Figure 7.2 illustrates the ground system design for ARISE.  The ARISE ground system is above and to the right of the dashed line in the figure.  The VLBI science observations are planned to be executed by concurrent use of the spacecraft-based radio science instrument and a set of earth-based radio science instruments.  The coordinated observation plans are issued from the science planning function shown on the far right hand side of Figure 7.2. Observation plans for the spacecraft are translated at the ARISE Operations Center into a set of commands to be uplinked through the DSNís multimission command processing service once a week.  During this once a week DSN track the spacecraft plays back the last weekís worth of recorded engineering telemetry which is delivered by the DSNís multimission telemetry processing service.  The ARISE Operations Center analyzes the engineering data to assess the performance of the spacecraft and generates any ancillary data about the spacecraft status needed to support VLBI data processing.  



ARISE will use a dedicated ground terminal network to handle the instrument data downlink.  The network will consist of 3 terminals distributed at sites around the world so as to make coverage almost continually available to the orbiting spacecraft.  The terminals will be remotely controlled from the ARISE Operations Center, except for maintenance and tape loading, unloading, and shipping operations.  The instrument data from space will be recorded on 2 to 4 tapes for each observation.  The tapes will be played back at the VLBI Data Processing Center, along with tapes containing radio science instrument data from concurrent earth-based observations. The VLBI Data Processing Center will perform correlation, fringe fitting, image processing, and data archiving.
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Figure 7.2:  Ground System Functional Block Diagram







�8.   Costs



The ARISE cost used JPL’s Team X cost estimation tools. Comparison of the ARISE cost profile with other current flight mission profiles were done to validate its applicability. The Team X model build for ARISE uses quasi grass roots estimates for the spacecraft subsystems, mission operations, science team and launch vehicle. It uses historical estimate models for other mission components. These costs assume a 20% reserves on phase A-D and 10% on phase E. They also assume a phase A duration of 18 months, phase B duration of 18 months, phase C/D of 48 months, and phase E of 39 months. Redundancy is typical and the costs are estimated in FY’98 dollars. Table 8.1 summarizes the ARISE cost breakdown. More details can be found in Appendix H. The known subsystem grass roots cost estimates are given below.





�Phase A-D�Phase E��Project Management�12.3�0.7��Science�2.8�1.3��Project & Mission Engineering�5.4���Payload (science instruments)�27.4���Spacecraft

     System management

     System Engineering

     Inflatables

     ACS

     C&DH

     Telecommunications

     Power

     Propulsion

     Structure/thermal/cabling

     Thermal control

     Cryocoolers

     Software

     LV adapter�144.1

1.7

2.5

6.0

32.0

6.0

25.3

11.0

12.0

24.7

2.9

11.0

7.0

2.0���ATLO�20.1���Mission Operations�35.0�17.0��Launch Vehicle�60.0���Reserves�49.4 (@ 20%)�2.0 (@ 10%)��Total�356.6�21.0��Table 8.1: ARISE cost breakdown in FY’98 dollars





Ground system development cost and operations cost



The costs for the ARISE ground system development and ARISE mission operations are summarized below.  Each of the components of the ARISE ground system pictured in Figure 7.2 are listed in the left hand column (see Table 8.2). The next 3 columns show the cost in FY 98 dollars for technology development, ground system development (Phase C/D) and mission operations (Phase E).  There is no need to provide advanced technology development funds for any of the elements of the ARISE ground system.  All technologies will be fully developed and ready for use by the beginning of Phase C/D.  The Phase C/D development costs are estimated to total approximately $35M.  The Phase E operations costs are estimated to total approximately $17M for 3 years of operations.



���

Table 8.2:  Estimated Development and Operations Costs



Telecom system cost



System�Costs ($ k)��RF X-Band���     Transponder�400��     SSPA�400��     Oscillator�500��     Antenna�300��     Diplexor�300��     Cables and connectors�100��     Power supply�600��     Testing and support�300��RF Ka-band���     Modulator + shaping filter�800��     Power Amplifier�3,750��     Antenna�4,000��     Misc. electronics�2,000��     Cables and connectors�200��     Power supply�600��     Testing and support�300�����Total�13,750��Thermal control system cost



Workforce * 	(11 WY x  $ 150 K)	1,650 K

Multilayer Insulation Mat/Fab/Instl	(14 kg)	   700 K

Thermal Conduction Control		   100 K

Thermal Control Surfaces		   200 K

Thermal Radiator ( includes heat pipes )		   400 K

Thermal Louvers (4 units)		   800 K

Loop Heat Pipes		1,000 K

Electric Heaters/Thermostats		   200 K

Instrumentation		   100 K



cryocooler		3,200 K

*This costing does not utilize the DNP process

Table 8.3: Estimated Thermal Control Subsystem Cost





Attitute control system cost

ACS Subsystem cost information is shown in Table 6.14.



ACS Subsystem Description�Cost [K$]��System Engineering�660��Controls & Analysis�770��Software�1288��I & T�7007��GSE�2908��H/W Engineering�2789��Flight Hardware�16107��TOTAL ACS COST�31529��Table 8.4: ACS Subsystem Cost





Power system cost

A rough order of magnitude (ROM) cost estimate for the power system was generated. The details are provided in Table 8.5. The estimated cost of the solar array was $3.5 M including the array subcontract, JPL engineering support and all burdens. The estimated cost of the battery was $1.3 M including the battery subcontract, JPL engineering support and all burdens. The PMAD cost was not yet defined since the details of the PMAD system were not yet available; however, it was noted that the LightSAR PMAD system, for a smaller (782 W EOL) power system, was estimated to cost $5.9 M including labor, engineering support and burdens. 



Table 8.5: Power System Cost Estimate 

Solar array

GaAs  $2K/W x 1700 W = $3.4 M

Si or CIS  $1K/W x 1700 W = $1.7 M

High effic Si $1.5 K/W x 1700 W = $2.55 M

CIS potentially even less expensive but not yet demonstrated 

Multijunction  $2.5 K/W x 1700 W = $4.2 M

Add JPL engineering support ($200 K/yr) + proc/general burdens

Assume high efficiency Si baseline 

((2.55*1.027) + (0.75*0.200) + (2*0.200) + (0.75*0.200))*1.058 = $3.5 M

Battery

Li-ion batteries = $170 K apiece x 3 batteries = $0.51 M (2005 est.)

need flight, spare and qualification units 

Add JPL engineering support ($200 K/yr) + proc /general burdens

 ((0.51*1.027) + (0.75*0.200) + (2*0.200) + (0.75*0.200))*1.058 = $1.3 M

PMAD

LightSAR $5.9 M incl. labor + engineering support + burdens

ARISE being calculated 
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ARISE Power System Appendix : Backup and Supporting Data

Carol Lewis, Sal DiStefano, Gene Wester 

Prepared 3/23/98; Data as of 1/30/98



Table A. Solar Array Assumptions 



�Cell effic (BOL)�W/m2 (BOL)�W/kg (BOL)��GaAs�19%�199�68��GaInP/GaAs�21.5%�225�77��GaInP/GaAs/Ge�24.3 %�255�87��CIS (LMA est.)�10%	�93�100��CIS (L’Garde est.)�10%�93�136��High effic. Si (2005 proj.)�19%�199�86��

BOL numbers for 1-sun AM0, 28oC (baseline)

Assume actual array operating temperature of 85oC

10% CIS cells avail est. 1999 

LMA est. originally provided 2/97 

L’Garde est. w/Al rigidization originally provided 3/97



Table B. Assumptions for the Solar Array Recharging the Battery 



Portion of solar array power is needed to recharge battery

Assume battery charge efficiency = 0.79

Assume battery discharge (energy) efficiency = 0.95

Assume 3.5 hr available to recharge battery per orbit

Battery prefers charge rate of at least 0.1 C

200 W of solar array required to do this

If recharge time is shorter, more array area/mass required



Table C. Estimated Degradation Factors for Solar Array 



    For 3 - 5 yr mission (BOL vs. EOL) -Assumptions 

Temperature coefficient factor  

         0.873 for GaAs, 0.868 for III-V multijunctions, 0.715 for Si or CIS

Cell packing factor        	0.85 (15% of array area not covered with cells)

Radiation degradation   	0.85

Temperature cycling     	0.98

Fabrication losses         	0.98

Micrometeorites           	0.98

Wiring/diode                	0.96

IR losses                          	0.98

UV degradation            	0.98

Offpointing                    	1.00



Table D. Possible Radiation Environment 



Assume ARISE orbit 5,000 - 40,000 km altitude

Radiation data from GaAs Solar Cell Radiation Handbook (B. Anspaugh)

AP8 proton model

high energy peak at L = 1.5 Re  (0.5 Re from surface = 3186 km altitude)

intermediate energies peak at L = 2 Re (1.0 Re from surface = 6371 km altitude)

AE8 electron model

inner zone L = 1.2 - 2.8 Re (0.2 - 1.8 Re from surface = 1274 - 11468 km altitude)

peak at L = 1.4 Re  (0.4 Re from surface = 2548 km altitude)

outer zone L = 3-11 Re (2-10  Re from surface = 19113 - 63711 km altitude)

peak at L = 4-5 Re  (3-4 Re from surface = 19113 - 25484 km altitude)

L = distance from center of Earth; R = 6371 km



Table E:  Battery Assumptions 



Assume 30 min eclipse/orbit but during only 3 consecutive months of year

3 yr mission = 2417 eclipses (battery cycles)

5 yr mission = 4028 eclipses (battery cycles)

3 yr probably OK for Li-ion (nominally up to 2000 cycles at 50% DOD)

5 yr calculated for both Li-ion and Ni-based batteries

Looked at 3 types of Ni-based batteries which can withstand many cycles at 35% DOD

Common pressure vessel (CPV) NiH2 - available now

Single pressure vessel (SPV) NiH2 - should be available near-term

NiCd - available now



Table F:  Assumed Battery Baselines at BOL 



			Whr/kg	Whr/liter 	Max DOD for max cycles 

Li-ion      	100 		120 		50% 

CPV NiH2    	35 		25		35% 

SPV NiH2    	53		68		35% 

NiCd        	25		35	            35%



Table G: Power Electronics Assumptions



 In general power electronics (PMAD) includes peak power tracker, and distribution/regulation/control electronics

More specifically includes DC/DC converters for each load, bus limiter, power control, power distribution network, bench test equipment (BTE), ground support equipment (GSE) and pyro. 

Flight hardware does not include BTE and GSE. 
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